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1 Introduction

The thesis summarizes a series of studies on the main aspects necessary for the preliminary
design of small satellite launchers constructive solutions. Based on the studies performed,
algorithms were developed for sizing the launcher, to determine its propulsive and aerodynamic
characteristics, simulating the dynamics of motion and optimizing the trajectory. Four
individual computational codes for the disciplinary analyses were developed, existing
mathematical models being extended or completed with own formulations. At the same time, a
multidisciplinary optimization algorithm (MDOQO) capable of generating preliminary
constructive solutions specific to small launchers was developed. The MDO algorithm, which
incorporates the individual disciplinary analyses codes, generates launchers that are able to
fulfil the imposed mission (to insert one or more satellites in a predefined orbit), the
optimization of the launcher being realized by minimizing its lift-off mass.

Keywords: multidisciplinary optimization, space launcher, propulsive performance,
aerodynamic characteristics, trajectory optimization, orbital parameters, parametric analysis

1.1 Thesis overview

The first chapter has an introductory character, presenting the current global context of
small launchers, the objective of the thesis, and also the current state of research in the field. In
the second chapter an overview of the developed MDO algorithm is realized, being presented
the block scheme and listed the main modules (disciplinary analyses) and the secondary ones.

The next four chapters present the studies dedicated to the four main disciplines that are
addressed, being presented the mathematical models necessary for the sizing process of the
small launcher, estimating its propulsive and aerodynamic characteristics, but also for the
development of two motion simulators. Chapter seven details the secondary modules used in
the multidisciplinary optimization algorithm, presenting the solution selection and
advancement algorithm, the components of the optimization variables vector, the formulation
used to define the objective function, the design requirements and the input data.

In the eighth chapter, the MDO algorithm developed in the thesis is used for the
optimization of the nominal small launcher, corresponding to a baseline mission. Both the
launcher and the reference trajectory to be followed to maximize its orbital insertion
performance are detailed. Chapter nine presents a parametric analysis, structured in four
independent studies, on the influence of the main design requirements on the minimum mass
launcher configuration. The influence of target orbit altitude, payload mass, typical missions
and the type of propellant (oxidizer - fuel pair) used on the launcher characteristics is quantified.

In the tenth chapter, the thesis contributions are highlighted, the conclusions of the thesis
are detailed, the perspectives of further development are presented and the scientific papers
published during the elaboration of the thesis are listed.

1.2  Context

This section presents the current context, favorable to the development of small launchers,
the main observations being:

e Increasingly resources are allocated to space programs (development of satellites and
launch vehicles);

e Launchers dedicated for small satellites (reduced dimensions and mass) represent a
niche in the fleet of launch vehicles currently on the market;
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e The typical missions of small satellites are those of terrestrial observation in different
spectra (target orbits are those of low altitude and high inclination);

e Due to the miniaturization of components and systems, there is a constantly growing
market for compact satellites in the mass range 100 kg — 250 kg, which attracts an
increased demand for small launchers dedicated to them;

e The use of liquid propellant rocket engines is preferred due to its high performance and
long operating time;

e The use of launchers with a low number of stages (two-stage architecture) is preferred
due to their low complexity and increased reliability.

1.3 Objectives

The thesis presents in detail the main aspects necessary for the development of a small
satellite launcher preliminary constructive solution. The main objective of the thesis is to
develop a computational code (multidisciplinary optimization algorithm) capable of generating
optimal solutions for small launchers according to design requirements, including imposed
orbital performance. For the development of this algorithm, the existing mathematical models
in the literature have been extended or completed with own formulations.

1.4 Current state of research

At present, in the Romanian technical literature, there are no papers that address the topic
of small launcher optimization. Externally, the studies published in the field are limited, often
using a simplified approach, which consists in using components already on the market or in
an advanced stage of research, optimizing only the architecture of the launcher [1]. The thesis
aims at a detailed approach, consisting in both generating the architecture and optimizing all
major launcher subsystems. Obtaining the optimal solution for a launcher is a process of great
difficulty due to the numerous disciplines that must be addressed. Thus, the optimization of a
launcher, even of small dimensions, is in fact a multidisciplinary optimization process, being
performed both at the assembly/subassembly level and at the global level.

Summarizing the study dedicated to the current state of research (State of the art), possible
implementation methods within the multidisciplinary optimization code are the following:

e AAO (All At Once), used in [2] for the preliminary design of a reusable stage and in [3]

for the optimization of a spacecraft trajectory;

e IDF (Individual Discipline Feasible), used in [4] to minimize complex mathematical
functions and in [5] for the preliminary design of a supersonic plane;

e MDF (Multi Discipline Feasible), used in [6] to optimize an re-entry trajectory into the
atmosphere, in [7] to define an orbital insertion maneuver, in [8] to optimize a liquid
propellant rocket engine and in [9] to optimize an ascending trajectory.

Theoretically, at convergence, all 3 methods allow the generation of constructive solutions
(launchers) that are technically feasible. At the convergence of the AAO method, the internal
residue function is close to zero, but may not be null. At the convergence of the IDF method,
the obtained architecture may include internal coupling functions that are not fully respected.
Thus, the launcher obtained may be technically incorrectly defined at the assembly or
subassembly level. Because for each iteration of the multidisciplinary optimization iterative
process, when using a MDF method, the solution corresponds to a technically feasible
configuration [10], this method is the most flexible, being the one implemented in the MDO
code developed in the thesis.



2  Overview of the multidisciplinary optimization algorithm

In order to obtain the optimal solution for the small launcher design it is necessary to use a
complex multidisciplinary optimization process (MDO). In addition to the preliminary design
of the launcher, the mission profile is also optimized, imposing a reference trajectory to follow.
The block scheme of the developed MDO algorithm is presented in Fig. 2.1.

Selection algorithm |<

Requirements V
and input data

Optimization

| variables

Weights and
Sizing

Objective function

v A

.| Propulsion [~

v

|| Aerodynamics —l
Y

y

LA 4

Trajectory

Fig. 2.1 Block scheme of developed MDO algorithm
The small launcher optimization is done by obtaining an optimization variables vector,
following the use of a solution selection and advancement algorithm based on the objective
function evaluation. The solution is considered optimal at the convergence of the MDO
algorithm, when the objective function has not improved after a specified number of iterations.

The choice of optimization variables is made in accordance with the launcher requirements
and its architecture. The launcher is then completely defined through them and the global input
data using the mathematical models integrated inside the main MDO blocks/modules. The
disciplinary analyses are done in a cascade sequence, the core of the program being made up of
the following 4 main modules: Weights and Sizing, Propulsion, Aerodynamics and Trajectory.

In the Weights and Sizing module, the launcher is sized both at a global level and at a major
assemblies and subassemblies level. At the same time, its mass breakdown is being realized.
The Propulsion module determines the propulsive performance of liquid propellant engines.
Within the Aerodynamics module, the aerodynamic characteristics of interest of the
symmetrical axial launcher are determined. In the Trajectory module, the launcher motion is
analyzed. The motion simulator is based on a simplified dynamic model (3DOF), the developed
computational code being in addition capable of optimizing the ascending trajectory of the
launcher.

The mathematical models used for each of the main modules are independent of another,
thus in total 4 individual codes are developed, which, after validation, are incorporated in the
multidisciplinary optimization code. Along with the 4 main modules listed above, within the
architecture of the multidisciplinary optimization algorithm, there are also the following
secondary modules: Requirements and input data; Optimization variables; Objective function,
Selection algorithm.



3 Study on the weights and sizing assessment

3.1 Overview

The first study is dedicated to the weights and sizing assessment of the launcher,
mathematical models being developed for estimating its external dimensions, its mass
breakdown, but also its preliminary interior planning. The mathematical models detailed in this
chapter are necessary for the first main module of the MDO algorithm (according to Fig. 2.1).
The Weights and Sizing module implements a bottom-up approach, the dimensions and masses
of the launcher components being individually calculated. As depicted in Fig. 3.1, this ensures
that in the end, by summing the individual contributions, one can determine the dimensions and
mass of each stage, the upper structure, and then of the entire n-stage launcher. The launcher
breakdown scheme is valid for both sizing and weights assessment.

Launcher

‘ Lower structure ‘ Upper structure

‘ Stage 1 Stage 2 ...| Stagen ‘ Payload Adapter VEB ‘ Fairing

Fig. 3.1 Launcher weights and sizing breakdown scheme

3.2 Mathematical modelling

The mathematical model used for the weights and sizing assessment of the launcher, in the
context of an iterative MDO process, must be: robust, so that it can be used regardless of the
optimization variables selected by the solution advancement algorithm; fast, so as not to require
a long computational time; precise, so that the resulting data correspond to a correct estimate
of the architecture, size and mass of the launcher constructive solution. For these reasons,
analytical and semi-empirical models are preferred.

3.2.1 Upper Structure

The upper structure, in the case of a small launcher, consists of: Payload, in the form of one
or numerous satellites; Satellite adapter; Vehicle Equipment Bay (VEB), which houses the
avionics and additional electrical systems required for the mission; Fairing, which protects the
satellite from outer conditions. The mass and dimensions of each of these components must be
estimated in order to be integrated into the architecture of the launcher.

Component mathematical modelling is done as follows:

e Payload — input data;

e Adapter — semi-empirical model [11];

e VEB - semi-empirical model [12];

e Fairing — semi-empirical model developed based on own results and those of [11],
in which the fairing mass (measured in kg) is:

Mfairing = 712" Siaterar 3.1

with S;4terq: 1S the fairing lateral surface area (measured in m?).
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A clear representation of the upper structure component breakdown is shown in Fig. 3.2.

[ ] Payload
|:] Adapter
B veB
|:| Fairing

Fig. 3.2 Upper structure breakdown

3.2.2 Lower structure

For the lower structure modelling, the masses and dimensions of each stage are calculated
individually, their contributions being latter summed up. For stages which incorporate a liquid
propellant engine, the breakdown scheme implemented is shown in Fig. 3.3, a visual
representation of the main components (and interior planning) being observed in Fig. 3.4.

Fuel I oicizer tank

Propellant [ ] Fueltank
—_— Combustion chamber

Oxidizer

Fuel tank [

j G
Oxidizer
Tanks
S

Stage tank
Feed system Combustion a
chamber
Dry mass Engine [
i Nozzle
Additional —
components Additional
components
Safety - -
margin
Fig. 3.3 Stage breakdown scheme (liquid propellant
engine) Fig. 3.4 Stage main components

Component mathematical modelling is done as follows:

Propellant — optimization variable;

Oxidizer and fuel — based on the mixture ratio (details in chapter 4);
Tanks — analytical models [12], [13], [14];

Feed system: mechanical turbopumps — semi-empirical models [13], [14];
Combustion chamber — semi-empirical model [13], [14];

Nozzle — analytical model [13];

Engine — semi-empirical model [13], [14];

Additional components — semi-empirical model [13];

Safety margin: length - 10% ; dry mass - 5%.
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A dry mass safety margin of 5% and a length safety margin of 10% are also implemented
to boost the overall confidence of the MDO assessment (can be lowered or set to 0 in the
detailed phase of launcher design).

3.3 Validation of the model

To validate the mathematical models implemented in the Weights and Sizing module, a total
of 8 stages were used, for which reference data could be gathered, the data analyzed being the
stage dry mass and length. In order to demonstrate the flexibility of the developed model, both
small and medium-large stages were studied. The estimation errors for these 8 stages can be
found in Table 3.1, the average error following the comparisons being about 5.8%. For a better
visualization of the differences between the reference values and those obtained with the
developed model, the structural mass of the stage is presented in Fig. 3.5.

Table 3.1 Developed model estimation error

Launcher Stage Dry mass error [%] | Length error [%] | Average error [%]
Atlas V Atlas CCB 2.61 0.83 1.72
Atlas V Centaur 11.01 4.81 791
Ariane 5, G | EPC H158 6.31 7.67 6.99
Ariane 5, ES | EPC E/H173 5.99 1.18 3.58
Ariane 4 H10-3 8.24 0.81 4.52
Delta 111 DCSS 2.82 13.18 8.00
Delta IV DCSS, 4m 0.70 8.61 4.65
Delta IV DCSS, 5m 11.46 6.35 8.91
All stages 6.14 543 5.79

25 [

B Reference values

B Estimated values 21.05

20.50

20

470

13.82

Dry mass [t]

12.97
12.20

349
285 2.87

P 248|241
T - . .
0 -

Ariane 4 Atlas V Delta IIT Delta IV Delta IV Ariane 5,G Ariane 5, ES Atlas V
H10-3 Centaur DCSS DCSS, 4m DCSS, 5m EPCHI58 EPCHI173 CCB

Fig. 3.5 Weights estimation
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4 Study on the propulsive performance assessment

4.1 Overview

The second study is dedicated to the estimation of propulsive performances of liquid
propellant rocket engines, the developed mathematical models being necessary for the
Propulsion module within the multidisciplinary optimization algorithm (according to Fig. 2.1).
It is necessary to determine the thrust curves for each constituent stage of the launcher. The 4
most common pairs of liquid propellants (oxidizer/fuel) are studied: Oxygen/Kerosene;
Oxygen/Methane; Oxygen/Hydrogen; Oxygen/Ethanol.

4.2 Mathematical modelling

Thrust (T) assessment uses the classical, analytical formulation:

TZQ'go'Isp 4.1)
where q is the propellant mass flow rate, g is the standard gravitational acceleration, and I,
is the specific impulse.

In order to determine the thrust it is necessary to estimate the specific impulse, together with
the expansion ratio, the characteristic velocity of the exhaust gases and their gas constant.
Summarizing the mathematical models detailed in the thesis, in order to obtain the propulsive
characteristics of liquid propellant engines, it is necessary to estimate 4 propulsive parameters:
the optimal oxidizer/fuel mixture ratio (Ry,), the flame temperature (Tf), the relative gas
molecular weight (M,,) and the gas specific heat ratio at the throat (y).

The typical approach to obtain the four main propulsive parameters is by direct calling the
classical combustion charts and interpolating its data [ 15]. This method is not practical in terms
of required computational time in the context of an MDO algorithm (multiple calls). Thus, there
is a need for a simpler model that does not require multidimensional data interpolation, in the
thesis being developed nonlinear power functions using the following formulation:

fx,y)=a+b-x“+d-y° 4.2)
where f = (R, T, My, ), x = P, (combustion chamber pressure), y = P, (exhaust pressure),
and (a, b, ¢, d, e) are the model coefficients.

Thus, 4 combustion surfaces (per pair of propellants) are generated, specific to each
propulsive parameter of interest. The values of the (4.2) model coefficients were determined
following a nonlinear regression analysis, using the TR (Trust-Region) [16] and LM
(Levenberg-Marquardt) [ 17] algorithms. The developed model is valid for P. values in the range

of 10-250 atm and P, values in the range of 0.1-1 atm. An example of the coefficients
corresponding to the oxygen/kerosene pair is given in Table 4.1

Table 4.1 Oxygen/Kerosene approximation function coefficients

Function Variable Coefficient

f x y a b c d e
Ry [-] | P [atm] | P, [atm] 0.40488 1.80306 | 0.04244 | -0.27005 | 0.07216
T [K] | P, [atm] | Ry, [-] | -96657.5664 | 100008.738 | 0.00111 | -20471.89 | -5.10454
My, [-] | B [atm] | R, [-] -61.87059 35.50626 | 0.00568 | 39.03287 | 0.22586

v [-] P.[atm] | R, [-] 2.83175 -1.6644 | 0.00204 | 0.16136 | -1.06601

10



4.3  Validation of the model

A total of 11 liquid propellant rocket engines were analyzed, with nominal thrust ranging
from 30kN to 7.7MN. All four pairs of liquid propellants mentioned earlier were studied to
validate the mathematical model, the data of interest being the specific impulse and thrust (at
sea level and in vacuum). The results obtained with the developed mathematical model are
presented in Table 4.2. The estimation errors are shown in Fig. 4.1.

Table 4.2 Developed model estimation errors

Reference values Estimated values
Engine I [8] | Iop [s] | TIKN] | T[kN] | Iy [s] | Iop [s] | T [KN] | T [kN]
s.L. vac. s.l. vac. s.L. vac. s.l. vac.
Rocketdyne F-1 263 304 6770 7770 | 263.66 | 305.40 | 6665.14 | 7720.35
Merlin 1C-F9 263 302 409.24 | 469.29 | 265.56 | 303.63 | 420.59 | 480.88
Merlin 1D 282 320 654.33 | 742.41 | 273.49 | 311.87 | 634.57 | 723.62
Rocketdyne J-2 - 424 - 1023.09 - 420.74 - 993.23
Rocketdyne RS-25 | 366 | 452.3 | 1705.83 | 2090.66 | 362.25 | 439.25 | 1679.94 | 2037.04
JAXA 30 kN class | 234 335 - 30 225.59 | 332.73 - 29.79
JAXA 100kN class - 356 - 98 - 353.34 - 97.78
DLR SE-12 322.5 | 3483 3844 4152 315.85 | 342.11 | 3764.72 | 4077.76
DLR L75 - 315 - 75 - 313.75 - 74.64
Glushko RD-101 214 240 363 402 221.04 | 246.02 | 374.79 | 417.14
Glushko RD-103 220 251 432 500 22495 | 251.49 | 433.27 | 484.37
5 I
——-JAXA 30 kN class
~4-Glushko RD-101
<#=Glushko RD-103
—4—JAXA 100 kN class
< 4 ~+—-Rocketdyne J-2
= -8-DLR L75
g ~+Merlin 1C
z —4—Rocketdyne F-1
g ~@-Merlmn 1D
2 . —#—Rocketdyne RS-25
E 3 T T -@-DLR SE-12
z °
:
v od .
= A
2
£
A
e
0 1
0 50 100 150 200 250 300
Combustion chamber pressure [atm]

Fig. 4.1 Developed model accuracy vs. combustion chamber pressure
The mathematical model has a high degree of accuracy, the overall average error being
about 1.65%. At the same time, using relations of type (4.2), the computational time is
significantly reduced compared to the multidimensional interpolation of the combustion charts.
11



5 Study on the aerodynamic characteristics assessment

5.1 Overview

Following the study dedicated to the determination of aerodynamic characteristics,
mathematical models were developed for the estimation of axial force coefficient (C4), normal
force coefficient (Cy), drag coefficient (Cp) and lift coefficient (C;) for axisymmetric launch
vehicle configurations. Analytical and semi-empirical methods have been used because of their
high flexibility and low computational time needed. Considering the transformation relations
between the body axis and wind axis systems, as well as the axial symmetry of the
configuration, for the implemented 3DOF dynamic model (details in chapter 6) it is necessary
to numerically generate only the aerodynamic databases:

Csz(a'M);Csz(a'M) (5‘1)

where « is the angle of attack, and M is the Mach number.

5.2 Breakdown schemes

A standard outer geometry does not exist for launchers, as they come in different shapes
and sizes. Therefore, it is practical to breakdown the launcher into simple components from a
geometric point of view. A small launcher can be seen as an assembly consisting of the
following components: nose/tip/fairing (multiple geometries), cylindrical stages, positive
transitions and negative transitions. A simple launcher can consist of only two components, a
nose and a cylindrical stage. Complex launchers can include numerous cylindrical stages, but
also transitions between them. The case of a complex generic launcher, having a 3-stage
architecture that contains both types of transitions, is presented in Fig. 5.1, 2D and 3D
representations being visible. For such a launcher, there are a total of 7 individual components.

A
]2

VE

[\ 6

Fig. 5.1 Launcher breakdown into simple individual components

Most modern launchers do not use fins due to their inefficiency at low speeds, the vehicle
stabilization being achieved through the high-performance control systems implemented (TVC
+ RCS). In the case of small launchers auxiliary boosters are not needed.

5.3 Mathematical modelling

For the drag coefficient evaluation, the following relation is used:

Cp(a, M) = Cqy (M) + Cy,(a) (52)
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where Cy, is the zero angle of attack drag coefficient, and Cy; is the alpha drag coefficient.

Different ways of decomposing the drag force (at null angle of attack) exists in the literature
[18], in the thesis being used a breakdown into body pressure drag, friction drag and base drag.

For each individual /" launcher component, its contribution to the zero angle of attack drag
coefficient Cay, is computed using:

Cay, (5.3)

= dobody.pressure + dofriction + dobase
Summarizing the study presented in the thesis, mathematical modelling is done as follows:
e Body pressure drag coefficient CdObodypresswe — analytical [19], [20] and semi-

empirical models [21] for transition components and standard profiled noses

(conical, ogive, Haack series). For blunted noses (with bluntness ratio G,) a model

using a correction factor F., applied to the standard Cg has been
’ body.pressure

developed:
F,,=1-016-G, +4.6-G,” (5.4)

e Base drag coefficient Cd()base — analytical [21] and semi-empirical models [22];
e Friction drag coefficient Cdofriction — analytical and semi-empirical models,
dependent on the flow regime (laminar, transitional, turbulent) [23];

e Alpha drag coefficient Cy, — semi-empirical models [24], [25].

For the normal force coefficient evaluation, a simple breakdown relation is used:
N

Cy = Z(C’W) (5.5)

4

where N is the number of individual simple geometric components, and for the calculation of
the individual contributions Cy, of all components the following linear formulation is used:

CNi = CNiaa (56)

in which C Ni, 1s computed using:

Cy,, (. M) = CNWompia(a) * Foomp (@, M) (5.7)
where C Ninwmpiais the incompressible normal force derivative, and F.y.,y, 1s a compressibility
factor.

The term Cchompiais estimated using Barrowman model [23], together with the Galejs

extension [26]. For the term F,,,,,, based on own results, CFD results from literature [27] and
experimental data [28], [29], for cylindrical stage components, and non-conical noses, the
following approximation was developed:

Fcomp =p1+P2Mc +p3a + p4Mc2 +psM.a + p6a2 (5-8)

where a is the launcher angle of attack, measured in degrees, M, = M sin « is the crosswind
Mach number, and the model coefficients P = (py, ..., pe) are:
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0.6973, 0.0155, 24.9025, —0.3652,
—0.0596, 0.0821, —1.0376, 0.2040,

—0.0056) ,if M <0.8

—0.0143) ,if M >0.8 (5.9)

_ (@

b= {(1,

For the other simple geometric components, hybrid models based on relation (5.8) and other
similar formulations are developed in the thesis.

5.4 Validation of the model

To validate the developed mathematical model, a CFD campaign was employed for a test
configuration (similar to the one in Fig. 5.1), in order to obtain a high-fidelity aerodynamic
database. The CFD campaign matrix totaled a number of 72 cases, being divided into two sets.
In the first set, a classical approach was used, in which the dissociation of air does not occur.
This first set consists of: 18 cases with &« = 0°, 18 cases with &« = 4° and 18 cases with ¢ = 8°,
with Mach numbers ranging from 0.01 to 10. Additionally, in the second set, 18 cases in which
the species transport was activated for very high launcher velocities were performed. The Park
model for dissociated air was used together with the related reaction model [30]. A FR/ED
(finite rate/eddy dissipation) turbulence-chemistry interaction model was chosen. All CFD
cases were performed using a k- SST turbulence model. The convective flux was calculated
with the Roe-FDS scheme.

Summarizing the most important results presented in the thesis, one can see:
e The drag coefficient Cj at zero angle of attack in Fig. 5.2;
e The axial force coefficient C4 at 4° angle of attack in Fig. 5.3;
e The normal force coefficient Cy at 4° angle of attack in Fig. 5.4;
e Lift coefficient C; at 8° angle of attack in Fig. 5.5.

1 1
——Devaloped moda!

0 1 2 3 4 5 6 7 g 9 10 o 1 2 El 4 5
Mach Mach

Fig. 5.2 Data comparison, drag coefficient,
0° angle of attack

Fig. 5.3 Data comparison, axial force
coefficient, 4° angle of attack

Fig. 5.4 Data comparison, normal force
coefficient, 4° angle of attack

0,12
o
- T F3
o
:
02 | ! ! I |

——Developed model

Fig. 5.5 Data comparison, lift coefficient,
8° angle of attack

The results obtained with the mathematical models presented in this chapter were compared
with those obtained after the CFD investigations, observing a very good data correlation,
despite of the reduced calculation time (0.1s/case - developed model vs. 24h/case - CFD model).

14



6 Study on the launcher dynamics and trajectory optimization

6.1 Overview

Obtaining the orbital performance of the launcher starting from a limited number of input
data and optimization variables is done in the last main module of the MDO algorithm
(according to Fig. 2.1). During the optimization process, the duration of key evolution phases
changes iteratively, together with some parameters closely related to the control schemes.

6.2 Reference frames

Following the contents of [31], [32] the reference frames specific to the launcher motion
have been defined, being grouped in:

e Frames independent of the Earth's rotation, which include: The Earth Frame
(0OXpYpZp), The Inertial Local Frame (0X,Y;Z; ), The Inertial Start Frame (0X,Y,Z,);

e Frames in which the trihedral is subjected to a rotational motion with the Earth or the
launcher, which include: The Geocentric Spherical Frame (OpA¢r), The Geographical
Mobile Frame (Oxgygzg), The Body Frame (Ox,y,z), The Velocity Frame or The
Aerodynamic Frame (Ox,V,z,) and The Quasi-Velocity Frame or The Trajectory

* ook %k

Frame (0x}y;z;).

6.3 Coordinate transformations

After defining the reference frames, this section presents the rotation matrices from one
frame to another, matrices that can be used to write equations of motion in any desired system.

6.4 Gravitational model

An important term that influences the motion of the launcher is the gravitational
acceleration. This subchapter presents the J2 model, in which the components of gravitational
acceleration (radial and polar) are calculated based on the current radius r and the geocentric
latitude ¢.

6.5 Dynamic models

Because the code developed for the Trajectory module (of motion dynamics and trajectory
optimization) must include a fast mathematical model, a three degrees of freedom (3DOF)
dynamic model was selected following the results of [31], the equation being written in the
quasi-velocity frame. For a further validation of a baseline trajectory, a complex 6DOF dynamic
model is used, being developed a second numerical code (flight simulator). Due to the very
long computational time, the use of a complex dynamic model is not feasible in a
multidisciplinary optimization problem.

6.5.1 Six degrees of freedom model — 6DOF

To write the equations of motion specific to the launcher, which is a body of variable mass,
the theorems of impulse and kinetic momentum are applied. The model is detailed in [31], the
main ideas being extracted in the thesis. The 6DOF dynamic system, for the case of the guided
space launcher, totals 21 differential equations:

e 3 dynamic equations of translation using the quasi-velocity frame;
e 3 kinematic equation of translation using spherical coordinates;
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e 3 dynamic equations of rotation around the center of mass using the body frame;

e 3 auxiliary equations to determine the aecrodynamic angles;

e 6 kinematic equations of rotation (3 in the start frame and 3 in the geographical
mobile frame);

e 3 equations for the TVC system dynamics.

6.5.2 Three degrees of freedom model — 3DOF

In preliminary design activities, when the technical information of the launcher is not fully
outlined, and also in trajectory optimization applications, which require a large number of
successive evaluations, it is recommended the use of a simplified dynamic model, with three
degrees of freedom (3DOF), which describes only the translational motion of the launcher. To
develop this simplified model, only the dynamic and kinematic translation equations (that
describe the velocity and position of the launcher) from the complex 6DOF model are
preserved. In the literature there are different implementations of the 3DOF model [31], in the
thesis being used the model with zero roll-velocity angle u.

The differential equations needed to be integrated for the 3DOF model are the following:

. N
V= ;x—grsiny—gw(cosq)cos;(cosy+sin(psiny)

'2&—&005 —g—w(—cos cos y siny + sin @ cos )+Kcos — 20, cos @ sin
Y=ov"V Y= @ cosysiny @ v)+ o 14 D psiny
N cos @ sin vV
X:_chzosy ngc;;y X+;tan<psin)(cosy+ZQp(COS(pcosxtany—sinw) 6.1)
Vv
¢ =_cosycosy
Vsinycosy
B rCoS @
T =Vsiny

where: V' is the launcher velocity (relative to the atmosphere), y is the flight path angle, y is the
track angle, ¢ is the geocentric latitude, 4 is the geocentric longitude (relative), Ny, N,,, N, are
the components of the applied force, m is the instantaneous mass of the launcher, g,, g, are the
components of gravitational acceleration and (2, is the angular velocity of the Earth.

The thrust orientation with respect to the velocity vector is described by the aerodynamic
angles « and B*, which can be seen as control parameters of the system with which the flight
path angle y, respectively track angle y can be controlled using feedback relations such as:

a=—ki(y —va); B" = —ks(x — xa) (6.2)
where the reference (control desired) values are Y4 and x4, and k; is a setting parameter.

The launcher can be controlled exclusively by feedback relations of type (6.2), both for the
primary active guidance phase and for the orbital insertion phase. A better solution is to use a
method based on optimal commands in the orbital injection phase, as developed in [31]:

a=—k,(y —61); B = —k3(i—iy) (6.3)

where i; represents the target orbit inclination, k, and k; are setting parameters, and &; is the
command in the orbit-related reference system obtained by optimizing the orbital injection
maneuver (decrease of orbit eccentricity to zero in minimum time for a circular orbit).
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6.6  Orbital parameters

In order to perform a correct orbital performance analysis specific to the trajectory obtained
after integrating the system of 6 differential equations corresponding to the 3DOF model used,
it is necessary to convert the position vector 7 and velocity vector ¥ into classical orbital
parameters a,e,i,,w,f (semimajor axis, eccentricity, inclination, longitude of ascending
node, argument of periapsis and true anomaly). The first two parameters, together with the fifth,
define the trajectory of the body in a plane, the next two define the orientation of the plane in
space, and the last one defines the position of the body in orbit. Within this subchapter the 6
orbital parameters are detailed, being also presented the related mathematical models.

6.7 Launcher evolution phases

The way in which the trajectory is optimized is closely related to the altitude of the orbit
and the mass of the payload, the evolution phases being different depending on the insertion
method. For small launchers, predominantly, it is preferred the use of a direct trajectory (DATO
- Direct Ascent To Orbit), because it does not involve successive stops and restarts of the upper
stage engine. At the same time, the time required for the launcher mission is reduced.

The key events and evolution phases specific to a typical small launcher mission (with a
two-stage architecture) using a DATO trajectory are: Vertical evolution, Primary active
guidance (non-zero aerodynamic angles), Primary gravitational turn (zero aerodynamic angles),
Separation of the first stage, Separation of the fairing, Ignition of the second stage engine,
Secondary gravitational turn, Final active guidance (orbital insertion), ending with the
separation of the satellite from the upper structure. These are shown in Fig. 6.1.

End 2nd stage burn
=E \ Start orbital insertion \__Payload separation

,‘/ B9 End of gravitational turn

d N\, Second stage ignition \
/ \‘\\
L
Fairing separation N
N
.\\‘

1st stage separation 3

\
\
1st stage ballistic trajectory \
\
\
Start of gravitational turn

I End of active guidance
\

Start of active guidance |

End of vertical evolution |
\ Y -

Fig. 6.1 Key events and evolution phases, two-stage launcher - DATO trajectory

6.8 Auxiliary data

In order to fully analyze the launcher's performance, it is necessary to define an additional
set of data. These data are known as auxiliary data, the most important being the load factors
(axial and normal) and the heat flux at the stagnation point.
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6.9 Validation of the model

For the validation of the simulator developed for the Trajectory module, and also for the
trajectory optimization code (the Weights and Sizing and Propulsion modules are deactivated
from the MDO algorithm) the small launcher configurations Falcon 1 and Falcon 1e were used.
Reference data and orbital performance corresponding to 9.1° inclination circular orbits, DATO
trajectories were obtained from [33]. The aim was to minimize the objective function detailed
in relation (7.7), which is equivalent to maximizing the payload mass that can be inserted in a
predefined orbit. An adaptive Runge-Kutta 5(4) method was used to integrate the equations of
motion.

A representative example of the quality of the obtained orbits (Falcon 1le) is presented in
Fig. 6.2. The variation of the altitude with time can be observed, with a continuous line being
presented the trajectory of the launcher, and with a dashed line the trajectory of the satellite.
Maintaining a constant altitude after the satellite detachment from the upper structure confirms
the circularity of the orbit achieved.
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Fig. 6.2 Falcon le, different missions, altitude vs. time

Comparing the reference orbital performance of the launchers with those obtained with the
developed method, an average error of 5.46% was observed for Falcon 1 (5 missions) and an
average error of 7.71% for Falcon 1e (9 missions), thus the overall average error is 6.91%. A
higher payload was obtained after optimizing the reference trajectories for 12 of the 14 studied
cases. The numerical results are presented in Fig. 6.3.
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Fig. 6.3 Data comparison, Falcon 1 and Falcon le performance, e =0,1=9.1°
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7 Additional details on the multidisciplinary optimization algorithm

7.1  Solution selection and advancement algorithm

In order to decide on the solution selection and advancement algorithm within the iterative
MDO process, an analysis was performed on 21 classical optimization problems (with multiple
local minimums, e.g. Rastrigin function), being studied a gradient algorithm (interior point),
one heuristic algorithm (genetic) and a hybrid algorithm (combination of previous two).
According to the analysis detailed in the thesis, the most suitable algorithm proved to be the
hybrid one, which managed to first take advantage of the genetic algorithm by obtaining a
significant narrowed search field, and then the advantage of the gradient algorithm, that of
converging to a solution characterized by a smaller objective function (having now a very good
initial solution).

7.2 Optimization variables

The process of launcher global optimization is equivalent to the optimization of several key
parameters (optimization variables), the launcher being then completely defined through them
and the global input data. The optimization variables are directly necessary for the mathematical
models used in the disciplinary analyses developed in chapters 3-6. It was considered, where
the implementation was convenient, a dimensionless formulation of these key parameters in
order to reduce as much as possible the search space/field of the optimal solution.

Thus, for the case of a 2-stage liquid propellant small launcher, the following optimization
variables are used:
a) For the first stage definition (5 variables in total):
e Propellant mass (oxidizer + fuel) of the first stage, M. %

e The outer diameter of the first stage, D, ,;

e The combustion chamber pressure of the first stage engine, F,,;
e The exhaust pressure of the first stage engine, B, _;

e Thrust to Weight ratio at the start of the first stage burn, (%)1
b) For the second stage definition (5 variables in total):
e Propellant mass (oxidizer + fuel) of the second stage, M. )

e The outer diameter of the second stage, D, ;

e The combustion chamber pressure of the second stage engine, F,,;

o The exhaust pressure of the second stage engine, F,,;

e Thrust to Weight ratio at the start of the second stage burn, (%)2
c) For the trajectory definition (6 variables in total):

e Duration of vertical ascent after launch sequence, t,erticals

e Duration of coasting between first stage separation and second stage ignition, t.,4s¢;

e The desired flight path angle for the first stage control, y4,;

o The desired track angle for the first stage control, y,,;

e Ratio between active guidance time and total guidance time (active + gravitational) for
the first stage, At;;

e Ratio between active guidance time and total guidance time (active + gravitational) for
the second stage, At,.
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A total of 16 optimization variables is required for a preliminary design of an optimal
constructive solution for a 2-stage launcher. According to the optimization vector structure
detailed in the thesis, for a launcher with n stages (n > 2), in total 9n — 2 optimization
variables are required. If only the maximization of the inserted payload into a desired orbit with
the aid of an imposed launcher is considered (only the optimization of the trajectory, see chapter
6), then the complexity of the problem decreases significantly (only 4n — 1 optimization
variables are needed), being no need for the use of the Weights and Sizing and Propulsion
modules. The launcher geometry, required for the Aerodynamics module, is fully defined prior
to the trajectory optimization, but in addition, there is a need to introduce the payload mass
Mpayload @S an optimization variable.

7.3 Requirements and input data

The different inputs required for the MDO algorithm are defined prior to its execution, the
most important being the requirements of the target orbit, the constraints to be applied, the
problem analysis area limits (solution search space), the launch location, the fairing separation
condition and the materials used, together with their mechanical and thermal properties.

7.4  Objective function

The objective function defines the criteria according to which the solution is advanced (the
optimization variables vector). Examples of possible objective function formulations
appropriate to small space launchers are minimizing the lift-off mass, minimizing the vehicle
cost, maximizing the payload performance index (payload to lift-off mass ratio), or maximizing
the payload mass (if the vehicle is already defined). The current trend is miniaturization, so an
objective function is implemented in which the dominant criteria is the minimum mass at the
start of the mission (also known as GLOW — Gross lift-off weight).

The objective function used in the thesis is the following:

fobjective = (Mstart + Iorbit) : Iconstraints (7.1)

where Mg, 1s the launcher lift-off mass, I,,,p;; 1s the target orbit index, and I,y,straines 18 the
imposed constraints index.

The target orbit index quantifies the quality of the orbit obtained compared to that imposed
before launch. Thus, it is of interest to introduce in the formula definition the orbital parameters
presented in subchapter 6.6. The formulation used to compute /,,,.p;¢, for a circular orbit of target
inclination i;4ge; and target altitude Higpger is:

2 2 2 , , 2
Iorbit = \/Wa (a - atarget) + WV(Vi - Vtarget) + Wy (V - ytarget) + Wi(’- - ltarget) (7‘2)
The target semimajor axis gy ger 18 computed using:
Atarget = Rp + Htarget (7.3)

where Rp is the Earth reference radius.

The target velocity (inertial) Vi4rge, for a circular orbit is computed using:

v _ uwo u (7.4)
t t = = .
age Ttarget Atarget

where u is the standard gravitational parameter.
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Finally, the target flight path angle is y¢qrger = O for a circular orbit. The target orbit
eccentricity €;qrger = 0 was replaced with Vigrger and yigrger = 0 for a faster solution
convergence. The parameters a, V;, y, i are obtained following the numerical integration of the
dynamic model, the data corresponding to payload detachment being used (the relative velocity
V' from the quasi-velocity non-inertial frame is converted to V; in Earth initial frame - ECI).

For the parameter weights associated with (7.2) the following values have been used:
W =wy =1, wy, =w; =10 (7.5)

For a correct insertion into target orbit, the index I,,4;; tends to null value (the value 0 is
assigned to an ideal insertion).

The imposed constraints index is used to quantify the validity of the obtained trajectory in
relation to the imposed constraints and requirements. The formula used for I, ,5trqints, With a
number of N,ypnstraines 1S the following:

Nconstraints
Iconstraints = | | Iconstraintsi (7-6)
i=1
where Ieonstraints; 18 the constraint index corresponding to the i constraint.

The imposed constraints depend strictly on the nature of the studied problem, for the
optimization of the launcher configuration and implicitly the trajectory according to the
evolution phases mentioned previously, one can use:

e Constraints for the load factors to which the launcher is subjected during the mission;

e Constraints for excluding negative transitions from the launcher architecture;

e Constraints for respecting the allowed variation of diameter between consecutive stages;

e Constraints for maximum stage fineness ratio;

e Constraints for nozzle expansion ratio;

e (Constraints for achieving the desired control parameters y,; and y,; during the active

guidance phase;

e Constraints for the alignment of the thrust vector with the velocity vector at the end of

active guidance phase.

If the constraints are not respected, the terms I¢onseraines; @ssociated with these constraints
would take over-unit values, which would increase the objective function numerical value. If
the constraint is met, then the term I;onstraines; Would take the value 1. In addition, a main
constraint is implemented, having a value much higher than the others mentioned above, being
used Ieonstraints; = 105. This is only used if the trajectory is not computed until the end of the
mission (for example the trajectory was sub-orbital, the launcher returning to Earth, H < 0) to
remove the respective optimization vectors from the future population.

If only the maximization of the inserted payload mass with the aid of an imposed launcher
is considered (only the optimization of the trajectory, see chapter 6), then the objective function
implemented is the following:

Myeference
fobjective = ( + Iorpit | * Lconstraints (7.7)
mpayload

where My rerence 18 the reference payload mass (obtained from the launcher manual), and
Mpayioaa 1S the maximum achieved payload mass (optimization variable).
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8 Optimization of a nominal launcher constructive solution

8.1 Preliminary design requirements

Initially, the multidisciplinary optimization algorithm developed in the thesis was used to
obtain a launcher optimal constructive solution (from a mass point of view) for a baseline
mission. The mission defined by the requirements in Table 8.1 was used, the most important
input data being presented in Table 8.2.

Table 8.1 Target mission requirements Table 8.2 Small launcher input data
Requirement | Specification Input Specification
Orbit type Circular Number of stages 2
Target altitude 400 km Launcher architecture | Constant diameter
Targe inclination | Polar (90°) Oxidizer Liquid Oxygen (0,)
Payload mass 130 kg Fuel Liquid Methane (CH,)

The launch location used was the Andeya Space Center platform (Norway), which is the
preferred one for obtaining polar orbits due to its high launch latitude. Additional input data,
constraints and control schemes are presented in detail in the thesis. The search limits for the
16 optimization variables were very broad, a large initial space being desired not to exclude the
optimal solution. For example: for the first stage propellant mass, the analyzed search interval

was Mp1 € [5t, 25t]; for the lift-off thrust to weight ratio, the search interval was (g) € [1,5];
1

for the duration of vertical ascent, the search interval was t,erticq; € [25, 100s].

8.2 Convergence of the developed algorithm

For the nominal case convergence, a number of 1625 generations were performed with the
genetic algorithm. The solution was not further improved with the gradient-based algorithm.
An initial population of 100 individuals was used, so the total number of iterations required to
optimize the nominal launcher was 162500 iterations. The duration of an iteration was about
0.5 s, so the time required for launcher optimization totaled about 22 hours.

107

10

Lift-off mass [t]

Objective function

1] 200 400 600 800 1000 1200 1400 1600 1800

400 600 B0O0 1000 1200 1400 1600 1800
Number of generations

Number of generations

Fig. 8.2 Lift-off mass convergence, nominal
case

Fig. 8.1 Objective function convergence,
nominal case

The convergence of the objective function is presented in Fig. 8.1. Only the best solution of

the current generation is displayed, a decrease in time to the minimum value being observed.

At the end of the multidisciplinary optimization process, the minimum value found was

fobjective = 11.5687. A sudden decrease in the value of the objective function in the first

hundreds of generations can be observed. After that, a slow process of solution refinement
towards the optimal value begins.
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In Fig. 8.2 the convergence of the launcher lift-off mass (together with the payload) can be
observed. Due to the way in which the work strategy was implemented (objective function,
target orbit index, imposed constraints index), there is an increase in the mass of the launcher
to the minimum value. This is beneficial to the final result, because there is a lower risk that the
solution obtained is a local minimum and not the global one. At the end of the multidisciplinary
optimization process, the minimum value Mg, = 11.5642 [t] was found. At solution
convergence, a target orbit index of I,,,;; = 0.0045 was obtained, corresponding to a very
good insertion. All imposed constraints were met, SO I.onstraints = 1. The numerical values
obtained for the optimization variables from the MDO algorithm are presented in detail in the
thesis.

8.3  Constructive solution

With the aid of the optimization variables obtained following the convergence of the
iterative MDO process, the entire constructive solution of the small launcher can be generated,
according to the model implemented in the Weights and Sizing module. The general details
regarding the specifications of the constructive solution generated can be observed in Table 8.3,
the main constructive components of the launcher being presented in Fig. 8.3.

Table 8.3 Nominal launcher, general specifications 20
Specification Value
Lift-off mass [t] 11.56 o 1
Payload performance index [%] 1.12 5 s e L |
Total length [m] 17.64 . -
Outer diameter [m] 1.35 141 7
Payload mass [kg] 130 Q
Upper structure mass [kg] 219.71 e 1
Upper structure length [m] 2.02 % i |
Propellant 0, + CH, 8
First stage mass [t] 9.93 b 1
First stage length [m] 12.17 rsteiage
First stage burn time [s] 112.68 T |
First stage mean thrust [kN] 236.82 4k 4
Second stage mass [t] 1.41
Second stage length [m] 3.45 r bt |
Second stage burn time [s] 386.57 : %
Second stage mean thrust [kN] 10.97 Fig. 8.3 Nominal launcher main components

The color code for the interior components of the launcher is the following:

e For stages: oxidizer tank (red), fuel tank ( ), combustion chamber ( ), nozzle
(blue);
e For upper structure: fairing (cyan), payload ( ), adapter ( ), VEB (red).
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8.4 Baseline trajectory

The multidisciplinary optimization algorithm developed in the thesis, in addition to
optimizing a small launcher constructive solution, simultaneously defines the reference
trajectory that needs to be followed in order to fulfill the mission. The durations of the evolution
phases related to the baseline mission are presented in Table 8.4, a total of approximately 8.5
minutes being needed to accomplish it. The deviation from the imposed target parameters is
presented in Table 8.5. An increased accuracy can be observed in reaching the target orbit, this
aspect being also visible from the value of the target orbit index (/,,;; = 0.0045).

Table 8.4 Baseline mission phases

Evolution phase Duration [s] Table 8.5 Insertion errors, nominal launcher
Vertical flight 10.81 Target parameter Insertion error
Primary active guidance 33.22 Semimajor axis Azqrger [km] -4.18-10°
Primary gravitational turn 68.64 Eccentricity e;arget[-] 5.43-107
Coast after stage separation 12.92 Orbit inclination i¢grge [°] 4.45-10*
Secondary gravitational turn 259.28 Inertial velocity Vigrger [m/s] -2.46-10°
Orbit insertion 127.29 Flight path angle y;grget [°] 3.11-10°
TOTAL mission 512.18

Fig. 8.4 - Fig. 8.6 shows the variation in time of certain parameters used in the objective
function formulation. Because the desired orbit is circular, the eccentricity obtained is zero. For
the trajectory flight path angle one can observe the primary active guidance phase, culminating
in a period in which the angle y is quasi-constant. For the orbit inclination, a small correction
can be observed during the orbital insertion maneuver to obtain a 90° inclination at the time of
satellite detachment. The mass evolution over time is shown in Fig. 8.7.
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Fig. 8.4 Nominal launcher, baseline trajectory, Fig. 8.5 Nominal launcher, baseline trajectory,
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orbit inclination vs. time mass vs. time
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8.5 Mission validation

Within the MDO algorithm, the dynamic model used is a simplified 3DOF type (with null
roll-velocity angle), totaling 6 differential equations. To validate the baseline trajectory, a
complex 6DOF dynamic model was used, consisting of 21 differential equations. Using the
6DOF motion simulator developed, a much more realistic trajectory was obtained, being
analyzed also the motion around the launcher center of mass.

The pitch angular velocity is shown in Fig. 8.8, while the required pitch command (TVC
deflection) can be seen in Fig. 8.9. The two active guidance zones are observed, the maximum
angular velocity being approximately 16°/s at the start of launcher pitch-over maneuver.
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Fig. 8.8 Pitch angular velocity (r) around the
center of mass

Fig. 8.9 Pitch command (TVC deflection)

For the lateral control of the launcher, the number and magnitude of the associated
commands are much smaller, the launcher requiring only minor corrections to achieve the target
inclination. The yaw angular velocity is shown in Fig. 8.10, while the required yaw command
(TVC deflection) can be observed in Fig. 8.11.
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Fig. 8.10 Yaw angular velocity (q) around the Fig. 8.11 Yaw command (TVC deflection)

center of mass

Following the use of the 6DOF motion simulator it was confirmed that the trajectory
generated using the simplified 3DOF model is a feasible one, two comparisons of interest
(variation of altitude and inclination in time) being presented in Fig. 8.12 and Fig. 8.13.
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9 Parametric analysis regarding small launchers

9.1

In this subchapter the impact of the target orbit altitude on the small launcher was studied,
being analyzed 5 missions, with altitudes of the circular, polar, target orbit between 200 and
600 km, with increments of 100 km. The payload mass was 130 kg. Some of the general details
regarding the specifications of the obtained constructive solutions are observed in Table 9.1,

Target orbit altitude impact

while the main components are presented graphically in Fig. 9.1.
Table 9.1 General details small launchers, orbit altitudes 200-600 km

Specification Value
H=200km | H=300km | H=400km | H=500km | H=600km
Lift-off mass [t] 9.92 10.80 11.56 12.89 13.96
Payload performance index [%] 1.31 1.20 1.12 1.01 0.93
Total length [m] 16.78 17.54 17.64 18.31 19.07
Outer diameter [m] 1.27 1.29 1.35 1.4 1.41
Payload mass [kg] 130 130 130 130 130
Propellant O,+CH, | 0O +CHy | O+ CH, | O, +CH, | O, + CH,
First stage burn time [s] 117.64 129.17 112.68 102.09 96.96
First stage mean thrust [KN] 189.51 198.86 236.82 293.74 332.89
Second stage burn time [s] 328.69 401.62 386.57 439.57 490.8
Second stage mean thrust [kN] 12.2 7.75 10.97 10.14 11.2

Length [m]

20

H = 200km
M =992t

H = 300km
M = 10.80t

H = 400km
M = 11.56t

H = 500km
M=12.89t

H = 600km
M = 13.96t

Fig. 9.1 Launcher main components, orbit altitudes 200-600 km
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9.2 Payload mass impact

In this section the impact of the payload mass on the small launcher was studied, being
analyzed 9 missions, with payload masses (m) between 10 and 250 kg, with increments of 30
kg. The altitude of the circular, polar, target orbit was 400 km. Some of the general details
regarding the specifications of the obtained constructive solutions are observed in Table 9.2,
while the main components are presented graphically in Fig. 9.2.

Table 9.2 General details small launchers, payload masses 10-250 kg

Value

Specification
m=10kg | m=40kg | m=70kg | m=100kg | m=130kg | m=160kg | m=190kg | m=220kg | m=250kg

Lift-off mass [t] 4.97 7.30 8.43 10.18 11.56 13.79 15.79 17.38 18.93

Payload performance

index [%] 0.20 0.55 0.83 0.98 1.12 1.16 1.20 1.27 1.32

Total length [m] 10.59 | 12.90 | 14.35 16.54 17.64 19.16 20.34 21.19 21.72

Outer diameter [m] 1.35 1.37 1.37 1.33 1.35 1.39 1.43 1.47 1.51

Payload mass [kg] 10 40 70 100 130 160 190 220 250
Propellant +CH, | +CH, | +CH, | +CH, | +CH, | +CH, | +CH, | +CH, | +CH,

First stage burn

. 102.64 | 102.72 | 97.5 94.50 112.68 | 108.15 | 119.64 | 102.90 | 103.14
time [s]

Firststage mean | 459 91 | 161.16 | 196.71 | 239.46 | 236.82 | 290.65 | 303.46 | 376.04 | 414.45
thrust [kKN]

Second stage burn

time [s] 382.67 | 379.83 | 392.69 | 379.25 | 386.57 | 471.71 | 404.76 | 388.36 | 382.61

Second stage mean
thrust [KN] 4.28 7.02 8.07 11.90 10.97 11.40 14.53 20.15 20.84

20

Length [m]

m = 10kg m = 40kg m = 70kg m=100kg m=130kg m = 160kg m=190kg m=220kg m = 250kg
M =497t M =730t M = 8.43t M=10.18t M=1156t M=13.79 M=1579t M=1738 M=I1893

Fig. 9.2 Launcher main components, payload masses 10-250 kg
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9.3 Typical missions impact

In this subchapter the impact of the typical missions on the small launcher was studied,
analyzing 5 missions, with different launch locations and target orbit inclinations, specific to
the approximately equatorial orbits, the International Space Station (ISS) orbit, the polar orbit,
but also Sun-synchronous orbit (SSO). An altitude of 400 km was considered for all studied
missions. The payload was considered 130 kg. Some of the general details regarding the
specifications of the obtained constructive solutions are observed in Table 9.3, while the main

components are presented graphically in Fig. 9.3.

Table 9.3 General details small launchers, typical missions

Value
Specification Kourou Omelek | Baikonur | Andeya Andoya
1=5.3° i=9.1° 1=51.6° 1=90° 1=97.03°
Lift-off mass [t] 8.36 8.52 9.73 11.56 12.06
Payload performance index [%] 1.56 1.53 1.34 1.12 1.08
Total length [m] 16.06 16.17 16.33 17.64 18.13
Outer diameter [m] 1.18 1.19 1.29 1.35 1.35
Payload mass [kg] 130 130 130 130 130
Propellant 0O,+CH, | O+CH, | O+CHy | O+ CH, | O, +CH,
First stage burn time [s] 104.67 103.68 115.31 112.68 118.34
First stage mean thrust [kN] 185.5 192.35 199.86 236.82 242.69
Second stage burn time [s] 405.18 401.96 401.18 386.57 392.47
Second stage mean thrust [kN] 6.54 6.32 6.89 10.97 8.80

20

Length [m]

Kourou, i = 5.3°
M = 8.361

Omelek, i =9.1°
M =8.52t M=9.73t

Baikonur, i = 51.6° Andoya, i =90° Andeya, i = 97.03°

M = 11.56t M = 12.06t
Fig. 9.3 Launcher main components, typical missions
The different inclinations of the target orbit allow the satellite inserted in it to view more or
less extensive areas of the Earth. This aspect is strongly visible if one uses a graphical
representation of the satellite orbital trajectory on a Mercator projection (2D) and one on the
globe (3D), according to those presented in Table 9.4.
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Table 9.4 Satellite trajectories 24h after insertion, typical missions (2D and 3D representations)

)

Mission 1,
Kourou launch,
Inclination = 5.3°

Mission 2,
Omelek launch,
Inclination = 9.1°

Mission 3,
Baikonur launch,
Inclination = 51.6°

Mission 4,
Andeya launch,
Inclination = 90°

Mission 5,
Andoya launch,
Inclination = 97.03°
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9.4 Used propellant impact

In this section the impact of the propellant used on the small launcher was studied, being
analyzed a total of 4 pairs of liquid propellants, having as an oxidizer liquid oxygen and liquid
fuel hydrogen (Launcher H-H), methane (Launcher M-M), kerosene (Launcher K-K) and
ethanol (Launcher E-E). The target orbit was considered the baseline, circular, polar one of 400
km altitude, the payload being 130 kg. Some of the general details regarding the specifications
of the obtained constructive solutions are observed in Table 9.5, while the main components
are presented graphically in Fig. 9.4.

Table 9.5 General details small launchers, different propellant

Value
Specification Launcher Launcher Launcher Launcher
H-H M-M K-K E-E
Lift-off mass [t] 6.51 11.56 15.07 26.96
Payload performance index [%] 2.00 1.12 0.86 0.48
Total length [m] 15.99 17.64 18.61 23.26
Outer diameter [m] 1.58 1.35 1.30 1.64
Payload mass [kg] 130 130 130 130
Propellant 0, + hydrogen | 0, + methane | 0, + kerosene | 0, + ethanol
First stage burn time [s] 123.18 112.68 111.55 104.04
First stage mean thrust [kN] 138.31 236.82 293.20 552.19
Second stage burn time [s] 379.26 386.57 372.33 377.22
Second stage mean thrust [kN] 9.74 10.97 15.72 19.05

25

20

Length [m]

10
ik
5
-
0 i
Launcher H-H  Launcher M-M  Launcher K-K  Launcher E-E
M=6.51t M=11.56t M=15.07t M = 26.96t

Fig. 9.4 Launcher main components, different propellant
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10 Conclusions

10.1 Thesis contributions

The following contributions were brought in the thesis:

1. Development of a computational algorithm for the sizing and weights assessment of small
launcher configurations, based on a bottom-up strategy, using a limited number of input
data. For the fairing mass estimation, relation (3.1) is developed.

2. Development of a computational algorithm for estimating the propulsive performance of
liquid propellant rocket engines. Nonlinear approximation functions of the form (4.2) were
developed to compute the optimal mixture ratio between oxidizer and fuel, flame
temperature, relative molecular weight and the gas specific heat ratio.

3. Development of a computational algorithm for the determination of aerodynamic
characteristics of interest of axially symmetric small launchers. The relation (5.4) has been
developed for the body pressure drag coefficient estimation of blunted nose components.
For the estimation of the normal force coefficient in compressible flow, the model (5.7) is
developed. For the compressibility factor calculation, the polynomial approximation
function (5.8) is suggested, its coefficients being presented in (5.9). Additionally, an
extended CFD campaign was carried out, comprising of 72 cases, for the validation of the
simplified mathematical model.

4. Development of two motion simulators necessary for the small launcher trajectory
definition. The first uses a simplified dynamic model, with 3 degrees of freedom, having a
total of 6 differential equations (detailed in subchapter 6.5.2), being further capable of
optimizing the trajectory. The second simulator is based on a complex dynamic model, with
6 degrees of freedom, totaling a number of 21 differential equations (detailed in subchapter
6.5.1), being used to validate the reference trajectory.

5. Development of a multidisciplinary optimization algorithm for the preliminary design of
small launcher configurations, having minimum lift-off mass, capable of successfully
inserting a predefined payload in a target orbit, based on the algorithms developed in
chapters 3-6 of the thesis. Using a hybrid solution selection and advancement algorithm,
which initially uses a genetic algorithm followed by a gradient-based one (detailed in
subchapter 7.1), along with the suggested objective function formulation (detailed in
subchapter 7.4), the developed code generates both the constructive solution of the launcher,
as well as the reference trajectory to be followed, respecting all the requirements and design
restrictions imposed.

6. Optimization of a nominal small launcher constructive solution, capable of fulfilling a
mission of current interest (insertion of a 130 kg satellite into a circular, polar orbit with an
altitude of 400 km), according to the information presented in subchapter 8.3. The baseline
trajectory of the launcher is defined (detailed in subchapter 8.4), ending with its validation
(presented in subchapter 8.5).

7. Methodology for performing parametric analyzes on the impact of target orbit altitude
(detailed in subchapter 9.1), payload mass (detailed in subchapter 9.2), typical missions
(detailed in subchapter 9.3), and also used propellant type (detailed in subchapter 9.4) on
the constructive solutions of small launchers. Generating a total of 20 space launchers for
missions of interest.
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10.2 Results obtained

The thesis summarizes a series of studies on the main aspects necessary for the preliminary
design of small launchers constructive solutions. Based on these studies, individual
computational codes were developed for sizing the launcher, to determine its propulsive and
aerodynamic characteristics, together with simulating the dynamics of motion and optimizing
the trajectory, which were validated using data from existing launchers, extracted from the
literature. Finally, incorporating the previously validated codes, a multidisciplinary
optimization algorithm (MDO) was developed capable of generating constructive solutions
specific to small launchers. The constructive solutions generated with the developed algorithm
are capable of fulfilling the imposed mission (to insert one or more satellites in a predefined
orbit), the optimization being done by minimizing the lift-off mass of the launcher.

The first chapter presents the current global context of small launchers and the current state
of research in the field. The second chapter details the work scheme implemented within the
developed multidisciplinary optimization code.

The mathematical model used for sizing the small launcher, detailed in Chapter 3, is
validated using 8 stages belonging to existing launchers or ones used in the past. The
computational algorithm developed using this model estimates the structural mass of the liquid
propellant stages with an average error of approximately 6.1% and their length with an average
error of 5.4%. For a quick pre-sizing of the launcher, the accuracy of the results is sufficient.

The mathematical model used to determine the propulsive performance of small launchers,
detailed in Chapter 4, is validated using 11 liquid propellant engines with different oxidizer-
fuel pairs. The code developed using this model estimates the specific impulse and thrust
generated with an average error of about 1.6%, being also very fast due to the implementation
of the propulsive parameters approximation functions.

The mathematical model used to determine the aerodynamic characteristics of small
launchers, detailed in Chapter 5, is validated using an extensive CFD campaign developed in
the thesis. Based on the 72 CFD cases, performed with the help of the Ansys Fluent software
package, a high-fidelity aerodynamic database was obtained. The computational code
developed using simple analytical and semi-empirical models, estimates the aerodynamic
coefficient of drag, lift, axial force and normal force with a high degree of accuracy.

The mathematical model used for launcher motion dynamics and trajectory optimization,
detailed in Chapter 6, is a simplified 3DOF with zero roll-velocity angle, being selected due to
its simplicity and high accuracy in modeling the motion of space vehicles. Following the
comparisons between the data obtained with the computational code based on the model
developed in the thesis and the reference data of the SpaceX Falcon 1 and Falcon le launchers,
an average error of approximately 6.9% in payload mass inserted into orbit was observed. Of
the 14 cases studied, the developed code generated a better trajectory (characterized by a higher
payload mass inserted into orbit with the same launcher than the reference one) in 12 situations.

For the solution advancement in the iterative optimization process, represented by an
optimization variables vector, a hybrid algorithm was used, based on a performance analysis of
the genetic and gradient algorithms, presented in Chapter 7.

Chapter 8 detailed the nominal MDO case, being generated a launcher optimal constructive
solution (from a minimum mass point of view) capable of inserting a payload mass of 130 kg
into a circular, polar orbit of 400 km altitude with launch from Andeya Space Center, Norway.
A launcher with a lift-off mass of 11.56 t, a total length of 17.64 m and an outer diameter of
1.35 m was obtained, the payload performance index being a high one for such a mission, of
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1.12%. Also, an additional developed computational code (motion simulator) based on the
6DOF dynamic model was used to validate the reference trajectory generated by the MDO
algorithm. A good correspondence was observed between the results, the motion around the
center of mass being damped, thus there is no risk of destabilization of the launcher.

The objective of Chapter 9 was to present the influence of the main design requirements on
the characteristics of the launcher. In subchapter 9.1 the impact of the target orbit altitude on
the small launcher was studied, being analyzed 5 missions, with altitudes of the circular, polar,
target orbit between 200 and 600 km, with an increment of 100 km. A quasi-linearity
relationship was observed between the orbit altitude and the lift-off mass of the launcher,
obtaining a minimum value for the 200 km altitude case (Lift-off mass = 9.92 t) and a maximum
value in the case of a 600 km altitude orbit (Lift-off mass = 13.96 t).

In subchapter 9.2 the impact of the payload mass on the launcher was studied, being
analyzed 9 missions, with payloads between 10 and 250 kg, with an increment of 30 kg. A
quasi-linearity relationship was observed between the payload mass and the lift-off mass of the
launcher, a sharp decrease in the payload performance index for low payload masses appearing.
Values of payload performance index higher than 1% are observed for payloads of more than
100 kg.

In subchapter 9.3 the impact of the typical missions on the small launcher was studied, being
analyzed 5 missions, with different launch locations and target orbit inclinations, specific to the
approximately equatorial orbits, the International Space Station (ISS) orbit, the polar orbit, and
also Sun-synchronous orbit (SSO). A significantly lower lift-off mass is observed at low orbit
inclinations, launched from a location with similar latitude to the target orbit (Kourou and
Omelek). The most penalizing orbit from launcher lift-off mass point of view is the SSO, having
an inclination specific to the 400 km altitude of 97.03°, the lift-off mass being approximately
45% higher than in the case of an 5.3° inclination orbit. In addition, a comparison of the
satellites Earth's coverage is presented, maximum coverage being seen for the polar orbit.

In subchapter 9.4 the impact of the propellant used on the small launcher was studied, being
analyzed a total of 4 pairs of liquid propellants, having as oxidizer liquid oxygen and liquid fuel
hydrogen (Launcher H-H), methane (Launcher M-M), kerosene (Launcher K-K) and ethanol
(Launcher E-E). The target orbit was considered the circular, polar one of 400 km altitude, the
payload mass being 130 kg. A very low lift-off mass is observed in the case of the H-H type
launcher, due to its very high propulsive performances. The use of ethanol is not justified due
to the very high lift-off mass associated. The simplicity of the technical solution required to use
methane or kerosene as fuel (compared to hydrogen) justifies their use in the detriment of the
optimal solution of the H-H launcher.

10.3 Prospects for future development

For further development it is envisioned the extension of the multidisciplinary optimization
algorithm capabilities by modeling also solid propellant rocket engines, being necessary
mathematical models capabilities related to the sizing and calculation of propulsive
performance. Also of interest is the implementation of stages with a retropropulsion option for
safe recovery and reusability. For the 6DOF motion simulator developed in the thesis, the
extension of the existing capabilities is considered by including the elastic oscillation modes,
specific to space launchers and the influence of wind on the trajectory.
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